The present investigation targets the generation of airfoil trailing-edge broadband noise that arises from the interaction of turbulent boundary layer with the airfoil trailing edge. Large-eddy simulations, carried out using a massively parallel compressible solver CharLES X , are conducted for a Controlled-Diffusion (CD) airfoil with rounded trailing edge for seven configurations, characterized with a Reynolds number, angle of attack and Mach number. An analysis of the unsteady pressure signals in the boundary layer is proposed in regard to classical trailing edge noise modelling ingredients.
Introduction

I
today's context of increasing oil prices and environmental awareness, aerospace companies are once again looking at CROR (Contra-Rotating Open Rotor) and UHBR fan (Ultra High By-pass Ratio) technologies for single-aisle aircrafts.
With very large by-pass ratio and by reducing both the nitrous oxides and the dioxide carbon emissions, they promise a significant increase in fuel efficiency and represent a potential power-plant for future commercial transport aircraft. However, one of the major problems for public acceptance of such technologies is the noise radiated by aircraft engines.
It is widely accepted that the broadband noise induced by the interaction of the boundary layer with the airfoil trailing edge (TE), known as the turbulent boundary layer TE noise, plays a significant role in the overall airframe noise. To achieve the challenging objective of reducing this source of noise, the first important thing is to propose an accurate methodology for TE noise prediction. This can be done using three distinct methods: semi-empirical, direct and hybrid methods. As the semi-empirical models are based on a set of experimental data, their accuracy and applicability is still questionable and limited since the models are calibrated against experimental data which can lead to poor prediction for other airfoil profiles and flow conditions [1] . The direct methods have the ability to provide accurate and reliable predictions and are applicable to industrial configurations [2] . However, when these high-fidelity methods are utilized as a design and optimization tool, they demand high computational costs. Hybrid methods offer an interesting compromise in terms of accuracy vs. CPU cost, by decoupling the flow and acoustic calculations [3] . In these methods, the sound sources can be identified by means of classical unsteady CFD methods, which have the capability of resolving noise sources, or using a CFD method in which the sources are reconstructed. The second branch uses acoustic propagation solvers to compute the acoustic source radiation into the far-field, that is considered of great importance in aeroacoustics.
As aeroacoustic problems are, by definition, highly time dependent, and as they are governed by scales that spread over several order of magnitude, it is necessary to use sophisticated methods to predict both generation and propagation preliminary RANS simulations were conducted so to estimate δ max , and prescribe the spanwise length L z * . The domain extends 20 chords in all directions from the airfoil, to allow for velocity inlet boundary to act as free-stream. The size of computational domain ensures that the solution is domain-independent and the flow over airfoil surface remains unaffected by the domain boundaries. Unstructured control volume with a structured-like layer around the airfoil and unstructured elements in the far-field are used to reduce the computational costs while preserving an accurate resolution of the boundary layer (cf. Fig. 1 ) † . Prior to this simulation, coarser grid simulations were carried out to determine the resolution requirements following the recommendations of Grebert et al. [10] . In order to save computational time during the statistical convergence of the extruded 3D LES , the farfield quasi-inviscid flow is computed using a two-dimensional airfoil. Since the farfield flow is not influenced by the boundary layer developing at the wall of the airfoil (20 chords away), it is indeed assumed that initializing the farfield flow in 2D and then extrapolating into the 3D mesh allows significant time savings. Note that the two-dimensional computations are carried out on a slice of the extruded 3D mesh in order to minimize the dissipation and/or the dispersion of the farfield data upon extrapolation.
The grid spacings and resolution as well as the different parameters values chosen in the present computations are summarized in Table 1 . Adiabatic boundary conditions are applied to the airfoil surface and periodic boundary conditions are used in the homogeneous, spanwise direction. As already mentioned, the three-dimensional simulation is started from a spanwise extruded two-dimensional solution. The computational time step is 1.54 × 10 −5 in non-dimensional time units based on the chord length and the free-stream speed of sound to obtain a maximum CFL number regarding the RK time integration.
There exist many criteria to assess the mesh resolution quality. Some of them are based on mathematical estimates, while others rely on rather heuristic arguments. For example, the recommended orders of magnitude of computational mesh cell sizes as stated, for instance, by Piomelli and Balaras [13] , Piomelli and Chasnov [14] and [15] are quite satisfactorily met (cf. Table 1 ). The mesh resolution quality is also assured by monitoring the Pope criterion IQ k that represents the ratio of resolved turbulent kinetic energy to resolved plus SGS turbulent kinetic energy
, where u i is the RMS value of fluctuating part of the velocity component u i , while subgrid scale turbulence is estimated by K SGS = (ν t /(C M ∆)) 2 , where ν t is the kinematic turbulent viscosity, C M a constant equal to 0.069 and ∆ is estimated as the cubic root of the elements volume. Fig. 2 resolution is considered to be sufficient since it means that at least 80% of the turbulent kinetic energy is captured at the resolved scale [16] . It can be seen that IQ k ≥ 0.94 for all cases, which means that the resolution level is excellent and almost reaches standard DNS resolution criteria.
Flow topology Instantaneous Flow Field
Since the turbulent structures evolving in the turbulent boundary layer are responsible for the wall-pressure fluctuations, the first step regarding the prediction of aerodynamic noise is the identification of acoustic sources. The simulations provide detailed informations about the unsteady flow around the airfoil from which the required inputs of the trailing edge noise models are derived. The aerodynamics model inputs are indeed mean flow parameters (convection velocity) as well as second order statistics (wall pressure spectra, coherence length). An illustration of the computed flow field is shown in Fig. 3 . It displays a typical instantaneous flowfield snapshot with extracted vortical structures identified by using an iso-surface of Q criterion coloured by instantaneous streamwise velocity values for case C 1 . A laminar boundary-layer is present on the lower (pressure) side of the airfoil, and a transitional and turbulent boundary layer on the upper (suction) side. Transition from laminar to turbulent state occurs in the shear layer resulting from the flow separation in the leading edge region. It results in a massive generation of vorticity downstream of the leading edge, with large vortices shed from the suction side of the airfoil. Yet there are still some smaller vortices that remain attached to the wall and roll over the airfoil suction side and graze at the trailing edge. Eddies in the boundary layer are smaller with lower streamwise velocity values. Fig. 4 represents the instantaneous density field for the seven studied cases. On the suction side, the turbulent boundary layer remains attached but its thickness greatly increases as the angle of attack increases (cases C 1 -C 2 and C 4 -C 5 -C 6 ). The picture also demonstrates that the length of the detached shear layer in the leading edge region is significantly reduced at large Reynolds number (case C 3 ) in comparison with case C 2 , which presents the same angle of attack. As the upstream Mach number goes higher, a weak shock starts forming on the suction side and at M ∞ = 0.7 (case C 7 ), the shock stabilizes at around 65% chord. Even if tridimensional flow structures can be identified close to the trailing edge, the shocks displacements are almost bi-dimensional and a view at mid span is representative of the major unsteady flow features.
Leading edge recirculation bubble
Another important feature of these simulations is the presence of a recirculation bubble on the suction side of the airfoils, in vicinity of the leading edge (see Fig. 5 ). The extent of the bubble is found to vary with the operating point. the downstream anchor point undergoes stronger variation than the upstream one. The effect of an increased angle of attack of the airfoil is clearly visible and leads to an increase of the bubble extent, more precisely to a displacement of
Fig. 4 Visualization of the instantaneous density field (normalized by the free-stream density) from 3D LES field for the three cases.
the downstream anchor point further down. The figure also shows of the bubble length with the Mach number. Also, one can witness the effect of an increase in the upstream Mach number on the bubble, all other parameters being set. Indeed, as the upstream Mach number increases, albeit slightly, the bubble length decreases slightly. Cases C 4 -C 5 -C 6 show that, for conditions at which a separation bubble forms, as the angle of attack increases, the separation point moves upstream and the separation bubble length decreases, agreeing with the trends reported for other airfoil sections at high Reynolds numbers [17] . Note that case C 7 does not display any bubble on the suction side, but it can be noticed the formation of a small bubble in the pressure side.
Aerodynamic results
Fig . 6 shows the variation of the shape factor (H 12 = δ * /θ), the displacement thickness δ * and the thermal boundary layer thickness δ T against the chordwise distance x/c . The boundary layer thickness δ * is determined as the distance from the wall to the point at which the mean streamwise (tangential) velocity (U δ ) is 99% of the free stream velocity. The thermal boundary layer thickness is derived from the classical relation δ T = δ * /Pr 1/3 verified by laminar flows with a Prandlt number Pr greater than 0.6 [18] . Near the leading edge, the flow is laminar, and the shape factor is approximately 2.6 which is a typical value of the Blasius profile (zoom not shown in this article). It can be observed that the thickness effect is associated with an increase in the length of the laminar region near the leading edge, which grows from less than 2% for the case C 1 to 10% for the case C 2 . Downstream of x/c 0.02, the shape factor rapidly increases due to the adverse pressure-gradient and the laminar separation occurs. Then, the shape factor decreases to H 12 1.6 (larger than the typical value of the Klebanoff profile H 12 1.4 observed for turbulent boundary layers). This value depends both on the Reynolds number and the pressure gradient [19] . After the reattachment, the shape factor gradually increases, and the flow separates again in the vicinity of the trailing edge. At 0.3 ≤ x/c ≤ 0.5, the flow is similar to a typical turbulent boundary layer. In this range, δ * and δ T almost linearly increase. Since the adiabatic wall temperature is equal to the stagnation temperature at the leading edge and thus the thermal boundary layer has the same thickness as the velocity boundary layer. Nevertheless the adiabatic wall temperature is found to be less than the stagnation temperature downstream, thus the thermal boundary layer is thicker than the velocity boundary layer as shown on Fig. 6b . The only exception is when the Mach number becomes higher (case C 7 ), both thermal and boundary layer thickness superimpose upstream of the shock position, whereas downstream of the shock, the thermal boundary layer thickness is slighlty higher than the displacement thickness. The mean static pressure distribution from the LES simulations is compared to available wind-tunnel measurements. As shown in the Fig. 7 , all LES predict very accurately the distribution of the mean wall-pressure coefficient
∞ (where p ∞ , ρ ∞ and u ∞ are farfield static pressure, density and velocity), in comparison with experimental results, and 2D LES and RANS simulations. Except minor differences observed in the recirculation region (LE ) for cases C 2 -C 6 and at the shock position for case C 7 , 3D LES simulations are in reasonably good agreement with experiments. The profile for the 3D LES appears slightly shifted towards the leading edge but the shape is correct for the two cases where minor differences are noticed (cases C 2 and C 7 ). One can notice that the prediction of the leading edge laminar separation bubble and the transition, which is represented by the kink in the C p curve, are slightly more accurately estimated by the 3D LES simulations for all cases.
Frequency spectra of surface pressure fluctuations
Data acquisition
A large set of numerical probes have been embedded in the first wall-normal cell along the airfoil. These probe lines are subsequently extruded in the spanwise direction in order to cover the whole computational domain. One such two-dimensional distribution is placed every 0.02% chord, leading to either 500 or 1000 repetitions in the spanwise direction, whether the spanwise length is 10% (cases C 1 -C 4 ) or 20% chord (cases C 2 -C 3 -C 5 -C 6 -C 7 ), respectively. The streamwise separation of the probes is kept constant except in the vicinity of the leading and trailing edges. LES computations were run for 4 flow-through times (t c ), based on the free-stream velocity and airfoil chord length, before a statistically steady state was reached and mean values were collected. In order to remove spurious high frequencies, airfoil surface pressure and velocity statistics were then acquired over a period of 18 (cases C 1 -C 4 ) or 15 (cases C 2 -C 3 -C 5 -C 6 -C 7 ) flow-through times with a normalized sampling frequency of 600 (600 pressure and velocity samples are collected per probe and convective time scale t c ). 
Wall-pressure power spectral density
The wall pressure spectrum is one of the required inputs of Amiets theory for prediction trailing-edge noise. To estimate it, the two-point time cross-correlation function R p i p j is first calculated as
with τ is the time delay between the two considered signals, p (x i ) represents the surface pressure fluctuation from probe i located at x i and · denotes the time averaging. The cross-spectrum (i.e. the cross-spectral between two signals p i and p j ) is obtained from the Fourier transform of the correlation function R p i p j (τ).
The Power Spectral Density PSD that is the Fourier transform of the autocorrelation function R p i p j (τ) of the pressure fluctuations computed near the trailing edge are compared with the measurements at two locations x/c = 0.98 and x/c = 0.95 in Fig. 8 . Note that all spectral quantities are obtained using Welch's method considering segment of size N/16, where N is the number of sample of each case, with 50% overlap combined with the Hanning window function applied to each segments. A very good agreement is obtained for all the studied cases, although the LES results slightly under-predict the pressure fluctuations at low Strouhal number in the cases C 3 -C 4 -C 5 ‡ . In particular, the overall good estimate of the wall pressure fluctuations in the frequency range of interest regarding noise generation at the trailing-edge, suggests that the LES data set might be a good candidate for statistical broadband noise prediction models. The tonal peaks that arise from the experimental spectra on Fig. 8 are due to duct models of the transonic wind-tunnel facility which was not acoustically treated. The discrepancies at low frequencies may be partly due to installation effects of the experiment which are not accounted for in the simulations, but also to a lack of statistical convergence of the LES spectra as a result of the time series being short. By comparing spectra obtained for both locations, it can be concluded that very close to the trailing edge, the wall-pressure statistics are well established and almost stationary justifying the use of radiation models based on a wall-pressure statistics at a single point close to the trailing edge [6, 21] . For all cases, all spectra at both positions exhibit three distinct zones. The first one at lower Strouhal number (lower frequencies) corresponds to an almost constant power spectral density. This region extends at least up to St = 8 for all cases. Beyond a first cut-off frequency at about St ∼ 8 − 10, the spectra scales close to St −2 for the adverse-pressure-gradient case. Moreover the size of this region increases with the boundary-layer thickness-based Reynolds number because of either a higher flow speed or angle of attack. At high frequencies, beyond a second cut-off frequency all spectra show a St −5 decay. This typical decay has been measured and theoretically modelled beneath two-dimensional and three-dimensional boundary layers [22] for any pressure gradients incidence [23] . At fixed Reynolds number and increasing angle of attack (cases C 1 -C 2 and C 4 -C 5 -C 6 , one can notice that the spectral content changes: the spectral hump narrows down and tones have a higher amplitude; the lower angles of attack yield typical of vortex shedding spectra, and the higher angles of attack yield the regularly decreasing spectra with a slope close to −5 almost over the whole frequency range of the decay which is typical of the turbulent boundary layer. Note that cases -C 6 show at high Strouhal numbers a pile-up of energy.
Sensitivity to spanwise domain size
It is known that the coherence of pressure fluctuations decays faster in the spanwise direction than in the streamwise direction, indicating that the spanwise coherence length scale in the pressure field is a key parameter in models for trailing edge noise prediction [24] . Indeed, it determines how the noise radiated by TEsources distributed along the span adds up and thus has a direct influence onto the overall TE-source efficiency and resulting noise level. Therefore, an evaluation of the coherence length is required to predict the Sound Pressure Level SPL radiated by the airfoil. Accurate measurements of this length scale rely on a sufficient extension of the spanwise domain for the frequency range of interest which is difficult to achieve numerically. In fact, for all cases only a portion of the airfoil span was simulated and the flow was assumed to be homogeneous in the spanwise direction. In a statistical sense, the size of a coherent source region around a spanwise position z is estimated using the coherence function [25] 
where Φ pp is the cross spectrum function. The coherence function γ 2 is computed from the fluctuating surface pressure p in the vicinity of the trailing edge. If the spanwise distribution is homogeneous, the cross spectrum does not depend on z. Thus, if in Eq.(2) the streamwise separation is fixed, the cross-spectrum only depends on the separation ∆z between consecutive points. The spanwise coherence at a location close to the trailing edge (x/c = 0.98) is plotted for the suction side in Fig. 9 . The spanwise coherence of the wall pressure fluctuations decays over a distance that is shorter than the spanwise extent of the computational domain sufficiently, even at low frequencies, by mid-span within the range of frequencies over which experimental data is available. This indicates that the current spanwise computational domain size is large enough to capture a statistically independent acoustic source region and to compute the coherence length scales; both are key input parameters to noise predictions. In other words, sources separated by distances larger than the simulated half-span radiate sound independently in a statistical sense. Therefore, the broadband noise measured by the microphone can be compared to the LES -Amiet noise predictions after scaling the latter up by a factor of 10 log 10 (L exp /L z ) where L exp is the spanwise length of the airfoil model in the experiment. In Fig. 10 , a comparison is made between the experimental and computed values of the spanwise coherence of fluctuating surface pressure at the near trailing edge x/c = 0.98. The LES results are show to predict quite satisfactorily the higher frequency behaviour of the coherence but not the low frequency value except for the spurious tones that appear in the experimental data and the very low frequencies that are flawed both in the experiment (installation effect) and in the CFD (length of times series, limited spanwise extent). One can not that the coherence at low frequencies is extremely sensitive to sample size and numerical errors [26] .
Spanwise coherence length
Through classical diffraction theory [6] , an estimation of the acoustic power spectra is found to be proportional to the coherence length. By definition, the length scale is related to the integral of the square root of the coherence function γ 2 over its spatial coordinate and therefore reduces to a function of frequency only if the spanwise distribution is assumed to be homogeneous:
Two models have been selected for comparison. Amiet [6] suggests the use of an expression based on Corcos [27] work for the spanwise coherence length of a flat plat turbulent boundary layer at equilibrium, z ≈ bU c / f under the assumption that the normalised cross-power spectral density Φ pp (z, 0, f )/Φ pp (0, 0, f ) can be represented by a function depending on a single dimensionless variable B( f a/U c ). The constant can be approximated as b ≈ 2.1 and the characteristic convection velocity U c shows only a weak dependency on the frequency. This model has been proven to give good approximation of z for high frequencies. Salze et al. [28] developed a model based on Efimtsov [29] to correctly evaluate z over the whole, especially low-frequency scales, by introducing boundary layer thickness dependence: where u τ is the friction velocity, and parameters a 1 , a 2 and a 3 are defined specifically for the streamwise and cross stream directions. As it has been reported by Palumbo [30] , the nominal values a 1 , a 2 and a 3 have to be modified to obtain the right length scales. The latter model is constrained by the Corcos model [27] (through a 1 ) at mid to high frequencies, while parameter a 2 controls the frequency at which th Efimtsov model breaks away from the Corcos curve. The last parameter a 3 controls the low frequency roll off. The frequency and height of the peak in the coherence length curve can then be set by adjusting a 1 , a 2 and a 3 . In the present study, the value of U c /U ∞ has been fixed to 0.69 and the parameters a 1 , a 2 and a 3 have been estimated for each case to fit as much as possible the calculated coherence length curve.
The spanwise coherence results obtained from the LES computations as well the fit of the Corcos [27] and Efimtsov models [28] are shown in Fig. 11 . The fit is a compromise in that some error must be tolerated at the high frequencies in order to reasonably match the low frequency hump. Note that depending on the studied cases, the fitting procedure returns slightly different values for a 2 and similar values of a 1 and a 3 . The a 2 parameter had to increased when increasing Mach number (recall that the case C 7 presents a shock wave). 
Conclusions and work in progress
The large-eddy simulation of the Valeo CD airfoil has been described and compared with some experimental results. The geometrical simplicity of this configuration allows for detailed measurements and comparisons, while representing flow phenomena relevant to practical turbomachines as far as broadband trailing edge noise is concerned. Several criteria are used to check if the resolution is fine enough to capture the flow accurately. It is shown that good results have been achieved by an adequate set-up of the LES , even for large Reynolds and Mach numbers associated to the present flow. The present LES reproduces all qualitative features of the flow found in the experiment. The evolution of the boundary layer thickness seems to be well captured. Computed wall-pressure spectra and spanwise coherence lengths are found to agree very well with the experimental spectra, regarding both amplitudes and slopes. The sensitivity to the spanwise domain size has been assessed to obtain a fully developed boundary independent flow in the spanwise direction, thus the three-dimensional flow patterns are representative of those found on large span airfoils. The computed spanwise correlation length z has been compared to Corcos' [27] and Efimtsov model [28] . Efimtsov model [28] has been shown to provide a good estimate z over the entire frequency range and accounts very well for the effect of the pressure gradient, but it needs to be adjusted via a model constants a 1,2,3 in order to take into account Mach number effect. The quality of the results is promising for the perspectives of this work, regarding analytical sound prediction models. The present LES computations are expected to allow for a detailed analysis of the 3D turbulent flow in relation with the far field and should be beneficial for the developments of new versions of trailing edge noise models properly extended to highly loaded airfoils or compressible boundary layers. The next steps will be to assess the effects of the dynamic sub-grid viscosity and wall-modelling on the predicted wall pressure spectra. The grid also needs to be further optimized, especially in the vicinity of the leading edge to predict more properly the trigging of boundary layer transition to match the experimental C p distribution. Parallel investigations of wall models that are currently carried out that should also shed some light on the capability of performing LES on coarser grids as needed for fast simulations on cheaper PC workstations and therefore bringing LES within reach of industrial design.
